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  This thesis presents a new modeling framework and application methodology for 
the study of aircraft structures. The framework provides a ‘cradle-to-grave’ approach to 
structural analysis of a component, where structural integrity encompasses all phases of 
its lifespan.   
  The methodology examines the holistic structural design of aircraft components 
by integrating fatigue and damage tolerance methodologies.  It accomplishes this by 
marrying the load inputs from a fatigue analysis for new design, into a risk analysis for an 
existing design.  The risk analysis incorporates the variability found from literature, 
including recorded defects, loadings, and material strength properties. 
  The methodology is verified via formal conceptualiz tion of the structures, which 
are demonstrated on an actual hydraulic accumulator and an engine nacelle inlet.  The 
hydraulic accumulator is examined for structural integrity utilizing different base 
materials undergoing variable amplitude loading.  Integrity is accomplished through a 
risk analysis by means of fault tree analysis.  Theengine nacelle inlet uses the damage 
tolerance philosophy for a sonic fatigue condition undergoing both constant amplitude 
loading and a theoretical flight design case.  Residual strength changes are examined 
throughout crack growth, where structural integrity is accomplished through a risk 
analysis of component strength versus probability of failure.  
  Both methodologies can be applied to nearly any structural application, not 








  The probability of an aircraft failure occurring has the potential to have a 
widespread effect on the cost and lives compared to other industries, as shown by Figure 
1.1.  The combination of harsh environmental conditions and system complexity only 
increase the chance of service failure.  This warrants the utmost attention to the minutest 
of details for safety in aerospace. 
 
Figure 1.1 Potential fatalities per accident of various industries [1] 
 
In terms of structural integrity, the root cause in system failures can be attributed to  
• A single overloading event that exceeds the components static strength (referred 
to as the ultimate loading) 





This thesis will concern itself exclusively with quantifying and mitigating risk associated 
with fatigue failures for various aircraft structures. 
  The failures associated deal with structural compnents serving mechanical 
systems.  The loading conditions can take a variety of forms, such as engine noise during 
normal operation, or maneuvers performed during cruise.  The analysis of combined 
loading conditions provide a more realistic picture of actual in-service use, and allow the 
engineer to assess system performance more clearly before any supporting testing may 
commence.   
  As a system performs throughout its intended lifespan, accumulated wear, or 
fatigue will inherently occur.  This accumulation has a direct correlation with the increase 
probability a failure will occur, defined as risk.  In this chapter, the reader will be 
introduced to a brief synopsis of fatigue and risk. 
1.1 What is Fatigue? 
  For the purposes of this thesis, the general study of failure due to repeated loads is 
deemed ‘fatigue’, however as it will be discussed in Sections 1.4 and 2, the discussion of 
fatigue will be bifurcated into ‘Fatigue’ and ‘Damage Tolerance’.  In general, fatigue is 
defined as structural failure due to repeated loads (cycling), whose generated stresses are 
lower than those found for static failure [2].  Failures occur due to the natural 
inhomogeneity of materials and damage imparted to materials from manufacturing 
processes, where accumulation of damage from loading occurs due to [3]: 
• Mechanical or thermally induced loading 
• Environmental effects to component (corrosion, etc.) 




  Fatigue damage in large and complex structures can have multiple sites of 
initiations, which is especially true for large assemblies, such as the aircraft’s fuselage 
and wing [4].   Initiation sites are due to poor design practices or manufacturing quality.  
Some examples include improper corrosion protection (design), incorporation of jagged 
edges or notches (design and/or manufacturing).  Such initiation sites cause local 
discontinuities (in the case of corrosion pitting) and/or geometric aberrations, where 
sudden changes in the structural load path promote stress risers.  Quantified geometric 
aberrations are termed stress concentration factors, and deriving values for such factors is 
imperative to structural integrity of an aircraft [5].  Some of the most infamous examples 
discussed in this chapter include events of Comet Airlines (Section 1.2.1) and Aloha 
Airlines (Section 1.2.2). 
1.2 Aircraft Incidents 
1.2.1 Comet Airlines 
  The de Havilland Comet was the world’s first passenger aircraft employing the 
use of jet engines.  The consumptions of fuel with je  engines was greater than a piston 
type engine, therefore to increase efficiency, the Comet travelled to higher altitudes 
compared to its competition [6].  Higher altitudes expose aircraft to lower environmental 
temperatures (Figure 1.2) and lower air pressures.   Thus, the total differential pressure of 
the cabin to the outside environment was higher, placing more stress on the fuselage.  
The normal, operational cabin pressurization of the Comet was less than the rated 
ultimate pressure.  However each flight was ‘cycle’ where the fuselage would expand and 
contract, and hence each flight induced damage that would accumulate. Hindsight and 




the elevated altitudes created a perfect storm situation that would cause failure due to 
fatigue (Figure 1.3 illustrates location of cracks found on a Comet Aircraft).  
Unfortunately, this was established by the failure of three Comet jets within one year.   
 
Figure 1.2 Bay temperatures of a fighter jet [7] 
 





Further details of fastener geometry and stress concentration factors will be discussed 
Sections 1.3.1.1 and 2.1.1, respectively.    
1.2.2 Aloha Airlines 
  In 1988, nearly thirty five years after the Comet Airlines incidents, one of the 
most infamous fatigue related incidents occurred during Aloha Airlines Flight 243, where 
the mid-span of skin from Boeing 737-200 separated from the fuselage.  A root cause of 
the failure was fatigue cracks that emanated longitudinally from multiple sites of several 
rivet holes [8].  This underlined the necessity to continue awareness of the potential 
danger of failure due to fatigue and accumulated damage in aerospace.  
 
 
Figure 1.4 Fatigue of skin fuselage on Aloha Flight 243 [8] 
 
1.3 Items that exacerbate fatigue life 
1.3.1 Manufacturing Considerations 
  The main theme of both Aloha Airlines and Comet Airlines events is that 




Geometric changes, such as drilling a hole for a bolt, introduce a stress concentration to 
the assembly.  The process of drilling itself can introduce flaws at the surface or through 
the depth of the part, where such flaws can grow into cracks that can be catastrophic.  
Therefore, manufacturing techniques and quality control are essential to prevent crack 
initiation, where fabrication and assembly of components for high performance 
applications are critical.  Missteps in such techniques were demonstrated with incidents 
involving mid-twentieth century supersonic aircraft.  The F-111 program made use of 
high strength D6AC steel; however, reliability of the program was intensely investigated 
after a unit crashed on 1969 following the failure of a wing pivot fitting [9].  It was 
revealed during the investigation that initial flaw sizes below 0.5mm [10] were 
introduced through manufacturing techniques [11].  Such manufacturing lessons learned 
were applied to future aircraft, such as the Grumman F-14 [12].  The F-111 incident 
supports the impetus for further research in manufact ring and crack growth propagation.  
This would be applicable to a variety of different fastening applications, ranging from a 
generic corner crack of a fastener hole [13] [14] to a specified cold working holes [15].  
In addition, the proper use of material selection would mitigate crack growth in aircraft 
structure.  Thus, a discussion is warranted of the general fastening/joining techniques 
used throughout the industry as well as proper material selection. 
1.3.1.1 Fastening Components 
Fastening large assemblies efficiently and reliably is a manufacturing challenge.  There 
are no ‘one-size-fits-all’ solutions when mating complex assemblies together.  For 




type of medium use to mate different parts; this would include rivets, welds, bolts, glue 
adhesives, etc.   
Some items require different types of fastening methods due to: 
• Galvanic activity between fastening medium and parent material 
• Galvanic activity between fasteners and environment 
• Physical access to assembly location 
• Cost 
• Time allotted to fastening 
The two types of fasteners, or j ints, are separable and permanent joints [16].  Separable 
joints include a nut and bolt arrangement, and retaining rings.  Such joints are preferred if 
the assembly will need to be removed in the future, such as overhauling a landing gear 
during its inspection interval. 
Advantages for such joints include: 
• Ease of maintenance for modification/removals of installations 
• Vast amount of technical specifications available 
• Primary mechanisms for loading and fatigue well known and documented 
However, some disadvantages include: 
• Use in joints with complex geometries is limited due to tool space restriction 
• Additional weight to system – critical especially for performance oriented systems 
such as airplanes and missiles 




Permanent mechanical joints include riveted and welded areas [16].  Rivets are small 
pieces of metal that deform under compressive axial loads when placed into the parent 
material’s shank.  Advantages of rivets include [17]: 
• Low cost 
• Fast automatic or repetitive assembly 
• Usable for joints of unlike materials such as metals and plastics 
• Wide range of rivet shapes and materials 
• Large selection of riveting methods, tools, and machines 
• Final geometry of rivets have been well established (Figure 1.5) [18]. 
 
 
Figure 1.5 Countersunk and protruding head rivet geometries [18] 
 
 To counteract the stress concentration left by the joining process, other types of 
fasteners have been researched to extend the life lim t of components.  One example is of 
cold expanding fasteners, which exploit compressive residual stresses near an insertion 
hole by means of lowering peak tensile stresses and by applying additional closure force, 





The other main type of permanent joining is through welding, which thermally fuses 
different metals.  The main advantages of welding are: 
• Fusion of parts with geometries considered difficult for riveting and separable 
joints are now possible 
• Use of robotics has enabled welding to be used extensiv ly on mass produced 
goods such as automobiles, in turn reducing the need for operational specialists 
Some disadvantages to welding include [20] [21]: 
• High equipment cost 
• High demands in terms of surface cleanliness and precision, as well as welding 
atmosphere 
• Considerable time requirements for executing the joint, exceeding by far the 
requirements of most other processes 
• Increased capital costs with increasing component size, because a welding 
chamber becomes necessary 
• Verification of proper joint execution by nondestructive testing is significantly 
impaired, in many cases 
  One point of concern with weldments is with the hat affected zone (HAZ) 
created during the welding process, a major concern since it introduces unwanted residual 
stresses.  It is arduous to determine the physical geometry of the HAZ, since several 
parameters affect the quality of the weld, and therefore the reliability of consistent weld 
geometry.  Figure 1.6 depicts input geometric parameters of a butt-weld joint that 






Figure 1.6 Geometric parameters that affect fatigue strength 
 
Residual stresses introduced to the base material can still be treated as a summation of 
much smaller discrete stresses, as was studied with variable polarity plasma arc welding 
[23].    One of the significant weaknesses of all permanent joining methods is in 
understanding their mechanisms in fatigue, specifically because of the involvement of 
non-elastic deformation of the joining material.  
  In summary separable or permanent joints will change the local stresses of a 
component either due to geometric changes redistributed the load path or by inducing 
pre-loads into the parent material.  Depending on the application, these preloads may be 
useful (such as compressive residual stresses).  However forming the parent material 
itself can induce unwanted stress concentrations, or other types of defects, as will be 




1.3.1.2 Material Forming 
  Variation of several parameters can have a huge effect on the life of a system, 
ranging from material processes to flight conditions and loads.  A compilation of 
variability from various sources [3] [24] [25] [26] [27] are summarized in Table 1.1. 
Table 1.1 Manufacturing parameters affecting fatigue 
Machining Heat Treatments Forming 
Rolled/Extruded 
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Temperature 
  Arc damage 
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When choosing the parent material, one must understand the process it was created to 
avoid misuse.  For example, it is the author’s experience that casting products are 
somewhat cheaper to purchase and shape as needed than a forged part.  However, in 
terms of fatigue resistance, forgings generally are superior due to the compressive 
stresses gained during the manufacturing process, while castings are more susceptible to 
inclusions due to porosity.  
1.3.2 Environmental Effects 
  As mentioned before, one of the critical components that contribute to fatigue 
failures is the component's exposed environment.  The ambient air where a passenger jet 
travels through may also contribute to crack propagation.  Henaff provided test analysis 




adsorption of water vapor reduces the energy requird to create a crack, as well as 
subsequent hydrogen embrittlement [28]. As Figure 1.7 depicts, ambient air will 
accelerate da/dn (known as crack growth rate) more than vacuum. 
 
 
Figure 1.7 Steel crack propagation effect from various environments [29] 
 
Corrosive environments are what every aircraft need to endure during their lifetime, 
regardless if the aircraft is designed for the Navy or commercial aviation.  Figure 1.8 
depicts the case where sump water is exposed to 7475-T7651 aluminum, and decreases 





Figure 1.8 Environment for F-16 Lower Wing Skin [30] 
 
The type of material and local geometry are critical to a component’s fatigue life, and 
greatly affect the probability of fatigue failure, i.e. risk. 
1.4 What is Risk?  
  Risk and reliability analysis quantifies the potential failure occurring event.  The 
impetus of reliability analysis is to predict a component’s life cycle by minimizing 
collateral damage.  Risk analysis is based on the probability of a system failing under a 
specified loading condition.  Throughout this thesis, probability of system failure will be 
referred as Probability of Failure (POF). 
  Up to this point, the reader has been exposed to a single definition of ‘fatigue’ 
failure, which is the failure of a component due to repeat loading.  As was mentioned in 




material with no defects, or one with an assumed flaw.  From this point forward, we shall 
divide the study of atigue into ‘Fatigue’ and ‘Damage Tolerance’. 
1.4.1 Fatigue Failure  
  The definition of failure in the viewpoint of Fatigue is:  “…a process which 
causes premature failure or damage of a component subjected to repeated loading” [31].  
This thesis shall consider the statement that when a ‘crack’ is detected, the Fatigue 
philosophy considers this a failure.  For mechanical component such as a hydraulic 
accumulator, a failed unit is when seepage of fluid exceeds a certain amount per its 
respective design specification [32].  This performance baseline would not distinguish 
between small or large cracks, thus any crack initiation is the basis for a ‘Fatigue’ failure.  
However, there are instances where a structure has a crack, but can still perform its 
general function.  Nevertheless based on the performance guidelines of the structure 
having no crack, the unit has failed.  Therefore, although the aforementioned accumulator 
may still perform its general function even beyond the seepage allowance, it is still 
considered a failure in terms of Fatigue.   
1.4.2 Damage Tolerant Failure 
  An engineer may define acceptable structural integrity so long as no parts or 
pieces dislodge from an assembly.  This would allow a crack to grow up to a critical point 
before the structure can no longer support a load with the given damage.  Therefore, the 
Damage Tolerant philosophy assumes that the structure can support loading with an 
initial flaw, and let the flaw grow (in the form of a crack), which is the basis for a 




1.5 Research Questions 
  The author has provided a background that discusses parameters effecting risk 
analysis related to fatigue structural integrity, and the differences between a Damage 
Tolerant and Fatigue failure.  Therefore, this beckons the following research questions. 
Research Question #1 
What is the systematic approach in determining a Probability of Failure for Fatigue and 
Damage Tolerance in metallic aerospace structures?  
Hypothesis 
  Fatigue assumes the Probability of Failure is the inverse of Fatigue Life in a 
component.  Damage Tolerance assumes Probability of Failure is integration of loading 
conditions and material strength properties.  
  The first step to any Probability of Failure (POF) associated starts with a static 
analysis to understand how the load is transmitted though the structure.  This includes 
understanding the component geometry, environmental conditions and knowing the load 
itself, which remains the same regardless if one analyzes failure for Fatigue or Damage 
Tolerance.  The localized geometry around a specified area will differ between Fatigue 
and Damage Tolerance, since the former assumes virgin material while the latter assumes 
an initial flaw. 
  Through structural analysis, the Fatigue failure is determined by the number of 
cycles is can endure before a crack is found.  The moment it is found, it is considered a 
failure.  Therefore, the associated POF is the inverse of the Fatigue Failure Life of a 
component, or the ratio of the single time cycle of failure to the total number of cycles the 




  Damage Tolerance, however, assumes that there is a certain aberration within the 
structure, yet it can still sustain load for a set amount of time.  As the damage propagates 
through the structure as a crack, the risk associated with a failure also grows.  The POF 
associated with Damage Tolerance criterion is how many cycles can a material reach a 
critical crack size before it cannot take any furthe  load.  One key component is in 
Damage Tolerance is that a crack can suddenly accelerat  in the crack growth rate (fast 
crack growth), which intrinsically increases the Probability of Failure.   
Research Question #2 
How can one determine a predictable range of risk based on crack growth propagation for 
a metallic aerospace structure supporting a mechanial system?  
Hypothesis 
  Risk is associated with the Probability of Failure of a certain component or 
system.  The Risk of an associated crack growing would increase as the crack grows 
throughout time, and would reflect the three general ranges of crack growth in metals:  
slow growth regime, Linear growth regime (referred as Paris area), and fast growth 
regime.  Aircraft structures that support mechanical systems need to endure internal 
loading from the mechanical system itself and external loads from aircraft maneuvers. 
Therefore, the POF associated would account for twodifferent types of loading 
conditions.  
  A predictable range of risk would be within a region that would have a constant or 
linear increase of risk, and avoid the fast and slow crack growth regions.  Therefore, 





Research Question #3 
Are there tools that can provide mitigation to the amount of risk in a logical and 
economic fashion to the aforementioned aerospace structure?  
Hypothesis 
  The main tools for mitigation are the Probability of Detection (POD) and the 
Inspection Period.  The POD provides the chances of finding a certain sized crack 
depending on the instrumentation and materials one inspects.  The Inspection Period is 
the optimal range of time when to find a crack based on the POD.    
  Mitigation for crack growth falls under the inspection period, derived by the 
Probability of Detection (POD) of finding a crack in a structure.  Early inspections would 
waste labor, while late inspections would increase the chance of failure, especially if the 
crack is within the fast growth regime.  Accounting for a POD within this framework 
would give the engineer a holistic view of the entire structure:  risk associated from 
inception to the end of the component life cycle, and a recommended range for 
controlling risk that accounts for finding cracks along the components life. 
1.6 Thesis Organization 
  The reader has been introduced to manufacturing aspects and their effect on 
fatigue life.  To answer the research questions, an in-depth explanation in the 
preliminaries of Fatigue and Damage Tolerance is requi d.  Section 2 “Fatigue, Damage 
Tolerance, Risk Analysis” discusses these preliminaries.  Section 3 “Risk Analysis 
Framework” presents the main thesis framework of conducting a Damage Tolerance Risk 




  Two examples will be examined and how they both contribute to a risk analysis 
using fatigue.  Section 4 “Hydraulic Accumulator” uses the approach of Fatigue Stress 
Life to determine the life of a hydraulic accumulator undergoing variable amplitude 
loading.  The risk analysis method comes from fault tree analysis.  The primary purpose 
of this example is to provide the reader with a general technical background of a 
component that may be found in service on an aircraft, as well as the load methodology 
and how stresses are translated into failure rates. 
  Section 5 “Engine Nacelle” uses the Damage Tolerance Risk Assessment method 
to determine the structural integrity of a component that has a crack introduced by an 
arbitrary manufacturing method.  The nacelle undergo s localized constant amplitude 
loading due to engine noise, and undergoes environmental loading from aircraft 
maneuvers.  The risk analysis intersects the probability distribution function of the two 
loading conditions, and intersects the results with an inspection method to determine 
when the most suitable time to inspect is. 
  Section 6 sums the work and research conducted, and contributions by Sections 3 










2 Fatigue, Damage Tolerance, Risk Analysis 
 
2.1 Fatigue 
Fatigue is the failure of a component due to repeated loading.  The three general factors 
that affect the fatigue life of a component are: 
- Material 
- Loading Type 
- Number of exposed cycles 
2.1.1 Loading 
  As was mentioned in Section 1.1, fatigue is greatly dependent on the type of 
applied cyclic loading (or cyclic stress), where a cycle is defined as the ratio (R) of 






The load ratio can be either negative or positive, with the ranges shown by Table 2.1. 





The load ratio can be constant (as in the rotation of a jet engine during cruise), or it may 
vary (such as variable gust loads during ascent-decent for an aircraft).  The sequence of 
the loading can have a profound effect on the life o  a component, especially when 
compressive residual stresses are introduced; they in rently prolong the component life. 
 
Figure 2.1 Load Spectrum for 7075-T6 sheet, Kt = 4 [33] 
Fatigue can be divided into two separate life condition:  High Cycle Fatigue (HCF) and 
Low Cycle Fatigue (LCF), also referred to as Stress Life and Strain Life, respectively. 





Figure 2.2 Separation of High Cycle and Low Cycle Fatigue 
 
  Sections 1.2 and 1.2.2 discussed the fatigue failure of aircraft due to high stress 
areas around a hole, referred to as a stress concentratio  factor (SCF).  SCFs are 
primarily functions of geometry, where holes or sharp angles in component can 
contribute to larger stresses and hence shorter fatigue lives.  Various texts such as 
Peterson’s [34] and Roark [35] are compendiums used in industry to determine stress 
concentration values for various geometries.  Figure 2.3 is one such example, which 





Figure 2.3 Net and gross SCF for tension loaded plate with hole [34] 
 
Manufacturing methods, such as cutting threads vs. rolling threads, can exacerbate the 
SCF, since the root geometry of the thread has a better transition from peak to valley1.  
Stress severity factors (SSF) are used to determine the stresses on parent materials and 
                                                           




loaded fasteners.  The SSF accounts for geometries features as does the SCF, however it 
also accounts for the material type used in a joint.  For purposes of this thesis, the SCF 
will be dealt with exclusively.  
2.1.2 Stress Life (High Cycle Fatigue) 
  Stress life assumes a component undergoes very low stress levels relative to the 
yield strength of its parent material.  The internal mechanism for high cycle fatigue are 
slip bands or material voids, which do not affect the overall static stress-strain data, but 
yield on a microscopic scale nevertheless.  Such effects become more pronounced during 
several thousand cycles of loading, and present themselves are the root cause to failure. 
However, as the number of cycles increase to failure due to HCF, the scatter in data also 
increases (Figure 2.2), mainly because the variety of these voids can be very different 
depending on each material specimen. 
2.1.3 Strain Life (Low Cycle Fatigue) 
  Strain Life assumes plastic deformation occurs during cycling of parts.  This is 
mainly true when high stress areas are present Figure 2.2, such as with geometric 
notches.  Low cycle fatigue is sometimes accepted as occurring less than 50,000 cycles 
[3]. 
2.1.4 Differences between Strain and Stress Life 
The strain life equation (Equation 2.2) accounts for Elastic and Plastic deformation. 
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By superimposing the Elastic and Plastic components of fatigue (Figure 2.4), one can 
visually see the plastic dominant (bold red line) and elastic dominant (bold dashed black 
line) at a given strain amplitude.   
 
Figure 2.4 Strain S-N Curve for welded structural steel and parent material [36] 
 
  Depending on the analyst, high cycle fatigue can start either when plastic 
dominant zone transitions to the elastic dominant, or when the plastic dominated line is 
extending to the x-axis.  For the case shown in Figure 2.4, high cycle fatigue occurs at the 
transition point occurs of ~7 X 105 cycles, or at the extension of the plastic dominant line 
at ~5 X 106 cycles. 
  In industry, Stress Life has been shown useful for several applications, such as 
machines undergoing constant amplitude loading, and is especially useful thanks to the 
amount of data available for higher cycle fatigue.  However, Stress Life does not lend 




However, Strain Life does model plastic deformations and is more suited for more 
complex notch geometries than the stress concentration factors from Stress Life.  
However, this adds to the complexity to the modeling parameters.  Perhaps most 
importantly is that Strain life accounts mainly for initiation, and has not shown as good 
modeling higher cycle fatigue compared to Stress Life [3].  
  Due to the nature of high cycles used in the aerospace industry, it is the author’s 
opinion that Stress Life Fatigue is better suited for modeling component life than Strain 
Life Fatigue.  However, once a failure or ‘crack’ occurs, Stress Life Fatigue does not 
account for the structural integrity of a component, which is what the Crack Growth 
Fatigue philosophy is used for. 
2.2 Crack Growth 
  As with the fatigue damage philosophy, crack growth assumes failure of a 
component due to repeated cycles.  However, unlike fatigue which assumes virgin 
material, crack growth assumes an initial flaw that is introduced through processing of 
the either the base material for the component, or hrough a manufacturing process of 
assembling components themselves.  Parameters that are input into a typical crack growth 
program include specimen geometry, loading type, geometric factors and material 
database of known crack growth rates for materials.  In addition, the means of how 
materials are subjected to loading change the failure modes of a component.   Different 






Figure 2.5 Different modes of failure considered for crack growth 
2.2.1 Stress Intensity Factors 
  The stress intensity factor is the intensity of the crack tip stress distribution due to 






2.2.2 Residual Strength 
 
  The residual strength (units of pressure) of a comp nent is the strength it can 
endure with a certain sized crack length.  Rearranging Equation 2.3, the residual strength 
is defined by Equation 2.4. 
 
 











  As the crack length grows through the component, the residual strength decreases, 
however one of the fundamental functions of crack growth is to ensure structural integrity 
of the component even as the crack is growing.  Figure 2.6 illustrates this example, where 
the component with a growing crack must at least meet the life limit designed. 
 
Figure 2.6 Interrelationship between Residual Strength and Crack Growth [39] 
 
  One of the studies in this paper examines crack growth propagation in a conical 
structure, which its geometry itself can create complexities since the crack would tend to 
follow the path of curvature [40] and may be considere  a multiaxial loading condition.  
Stress intensity factors follow superposition principles, and can be additive for multiaxial 
loading [41] [42].  For multi-axial loading location, especially seen in complex geometry, 
a total stress intensity factor can be combined from several simpler configurations, and is 











  Up to this, point linear elastic fracture mechanics has been discussed, however, 
there are methods of a damage tolerance assessment based on plasticity.  Such methods 
have found use concerning high toughness materials and those with thin cross sections, 
since plane stress is larger with thinner materials.  Accounting for fracture toughness in 
such cases has introduced several different methods in analyzing respective cases Table 
2.2 [43]. 
Table 2.2 Several methods accounting plastic fracture [43] 
 
Methods Major Strong Points Major Weak Points 
KR Curve 
Measurements can be made easily and accurately 
Method completely depends on linear elastic fracture 
mechanics 
Method can cope with stable growth 
KR values may depend on geometry and initial crack 
size 
CTOD 
Measurement has appealing physical 
interpretation 
Interpretation and application made with linear 
elasticity 
Experiments exist to show critical CTOD to be 
geometry independent below and above general 
yield 
Measurement can be difficult to make 
J Integral 
Offers a well-defined straightforward 
computational procedure 
Theory tests on assumption of deformation plasticity 
(non-linear elasticity) which precludes unloading 
Experimental evidence exists to indicate that JIC 
may be a material property 
Method cannot be applied to stable growth 
Method cannot be applied to general yield 
Generalized energy-
release rate 
Can take direct account of micromechanical 
processes involved in plastic crack propagation 
Requires finite element analysis procedure for 
application and interpretation of experiments 
Separates geometry dependent effects from 
material dependencies 
Applicable for arbitrary constitutive behavior 
Net Section Stress 
Simplicity of application 
Grossly unconservative in the creep range 
Accuracy at low temperature application 
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2.2.3 Crack Growth Modeling 
In 1963, Paul Paris formed an equation that would describe crack growth rates in metals 
(Equation 2.6). 
1 12  3(∆) Equation 2.6 
 
 
Figure 2.7 Different regions for crack growth rate in metals [44] 
 
Because C and material are material constants, the cycles to failure can be calculated from 
Equation 2.6 and rearranged, shown with Equation 2.7. 




Unlike static and fatigue-based analyses, crack growth heavily relies on iterative steps.  




can range in terms of complexity, especially when one examines out of plane loading or 
multiaxial fatigue.  Although there are several of crack growth models available, multi-
axial loading and re-evaluation of the stress intensi y factor due to new crack size at next 
loading can be extremely cumbersome, even with finite element modeling [45].  
 Engineering judgment on when and how to apply the proper SIF is underlined 
especially with multi-axial loading, and where Beta factors can be difficult to calculate.  
Testing and analysis can relate the SIF and Beta factors, but are cumbersome; such an 
example would be of a component undergoing torsional stresses.  A plethora of journals 
exist that examine torsional stresses and how they relate to cracks of circular volumes 
such as shafts [46], small cylinders [47], large cylindrical fuselages [48] as well as cracks 
on cylinders undergoing local bending affects [49].  Beretta and Murakami estimated SIF 
under tension and torsion for small cracks originating from notches, which aided in 
fatigue strength under biaxial loading [50].  Dvorak demonstrated with a plate containing 
a hole, that as the specimen thickness decreases, solutions tend to diverge [51].  The 
situation becomes far more complex when analyzing a plate undergoing torsion (or any 
component that under undergoes out-of-plane multiaxial fatigue).  The Newman-Raju 
equations [52] have proposed solutions for SIF and Beta factors, and have been used in 
computer-aided programs such as AFGROW.  As was noted in [53], one study found that 
cracks created in laboratory condition would not ini iate in certain analysis, further 
underlining the value of experimentation outweighs analysis.   
2.2.4 Numerical Tools 
  Crack growth is heavily dependent on each new crack iteration that brings about a 




software.  This section briefly presents the general background of how a crack growth 
code works.   Although the content is what is used in commercial software, credit for 
Figure 2.8 is taken from Dr. William Johnson’s lecture of fatigue at Georgia Tech.  A 
crack growth program requires a database of material strengths, crack growth rates, 
geometric (Beta) factors, and crack closure models.  The loop shown in Figure 2.8 is 
iterated for a surface crack; if there is also a crack through the depth of the component, an 
additional loop is needed. 
 
 
Figure 2.8 Crack growth iterative process [3] 
2.3 Risk Analysis 
2.3.1 Probability of Failure 
  The outcome of Fatigue or Damage Tolerance is a fnal metric that defines when 




or crack length to failure.  However, regardless of the time when loading starts, there is 
inherently risk associated to failure.  A robust rik analysis should include all the loading, 
materials used, but especially the variability associated with each parameter. The 
Probability of Failure is defined as the area under th  intersection of a flight design case 
and the residual strength of a component at a given crack length.  When the stresses due 
to flight conditions exceed the material strength of a part at a given crack length, failure 
occurs.  The residual strength curve shown in Figure 2.9 is based on the material 
variability based on a statistical distribution. 
 




2.3.2 Inspection Methodology 
  Long component life requires routine maintenance and service.  Ensuring service 
and rehabilitation throughout the service life for any mechanical components is required.  
During these service, or ‘inspection’ periods, the technician is required to inspect for any 
accumulated damage on critical components.  For the cas  of aircraft structure in terms of 
damage tolerance, the technician would inspect for cracks.  However inspection 
themselves have a certain amount of risk associated in terms of detecting flaws.  
Therefore, a holistic method would include accounting for these risks associated.  
Inspections are critical to damage tolerance, since there are cases where cracks grow 
faster or appear unexpectedly in different locations. 
  In reality, a program would constantly need to inspect for cracks for the duration 
of the fleet program, as there will be cracks in the nucleation phase that have yet to grow 
to a size that the inspection equipment can detect.  However, each time an inspection 
occurs, the associated risk decreases thanks to increased knowledge of the component 
[54]. 
2.3.3 EIFS Distribution 
  The Equivalent Initial Flaw Size (EIFS) distribution describes what was the 
theoretical start size at time = zero for the current crack, and potentially what is the 
estimated range of time to reach the critical crack length (Figure 2.10).  The information 
is valuable since it describes an initial flaw’s the ‘incubation time’, and it can be 





Figure 2.10 Equivalent Initial Flaw Size [55] 
 
  Service data provides valuable information to the history of how cracks grew to 
their present state.  Certain scenarios, such as predicting flaw sizes in aluminum castings, 
cannot predict initial flaw sizes unless in service data is available [56].  Lognormal and 
Weibull distributions have been used to describe the EIFS distributions in many cases 
[57].  Han and Yang [58] performed a probabilistic assessment for high temperature 
nuclear reactors using an exceedance probability and stress-strength model to determine 
POF.  Crawford et. Al. [59] reported the efficiency of using an EIFS distribution 
accounting for corrosion and pitting in 7000 series aluminum using dog-bone samples for 
testing.  Yang et. Al. [60] also analyzed dog-bone 7000 series aluminum samples to 
compare deterministic and stochastic crack growth approaches through an EIFS 





Case Study:  Lockheed C-130 
  The Lockheed C-130 developed corrosion cracks in the area of the crown upper 
skin and contour boxes, where cracks were emanating from rivet holes [61].  The load 
interaction internal to the components were still unknown at the time [62], however there 
was ample service and inspection data available for ngineers to understand the rate the 
cracks were growing, and to provide a more robust in pection interval and design fix.  
These fixes would include changing the component geometry and material types (Figure 
2.11).  The methodology used was essentially that of n EIFS distribution. 
 











3 Risk Analysis Framework 
 
 
3.1 Necessity of Framework  
  A systematic approach in designing a holistic tool that examines design, 
manufacturing, and the customer’s needs, provides a bro d overview of the product 
lifecycle.  The tool’s goal would be determining the likelihood of a failure, and how to 
mitigate failure economically.  The research questions from Section 1.5 are re-introduced 
and summarized below. 
3.1.1 Research Question #1:  Systematic approach defining a system’s POF  
  The first step in designing this holistic tool is quantifying what will cause the 
component to fail.  Failure of the component depends on the materials used, 
manufacturing processes utilized and loads imparted on it.  Fatigue methodology 
assumes failure occurs during crack detection, however, this does not necessarily mean 
the structure is completely inoperable.  Thus, all structures have a certain amount of 
strength even with a crack that is growing; however, there is critical crack size that will 
determine the failure of the component.  The structural analysis method used for such a 
holistic tool is Damage Tolerance method, because, nlike fatigue analysis, which 
assumes any crack size is a failure, Damage Toleranc  le ds itself to measure the degree 
of structural integrity with a crack.   
  It is surmised that as the crack grows, the component’s strength decreases, which 
intrinsically affects the Probability of Failure.  In essence, because it is assumed a crack 
exists, there is always a Probability of Failure, regardless of crack size.  Failure can occur 




Therefore, the holistic tool would need to account for such loading and material 
variability.  Understanding how the crack would proagate can be essential in 
understanding how the POF changes. 
3.1.2 Research Question #2:  Determination of Range of Systems Risk 
  The associated risk of failure for a component can be correlated to how a crack 
grows in the part itself.  With this, an engineer can predict failure times based on a crack 
growth model.  This provides guidance in scheduling component inspection intervals 
removing them from service as needed.  This information would be the starting point for 
a maintenance program that would potentially extend the life of the component, and 
mitigate any risk of failure. 
3.1.3 Research Question #3:  Risk Mitigation 
  The third and final step in determining a holistic tool is mitigation of failure.  It is 
assumed that cracks are introduced into a part fromits anufacturing inception, yet also 
assumed those parts do not fail immediately.  Therefore, a component has a certain 
amount of residual strength and not structurally deficient even during crack growth.  
However, deficiency is met when the critical crack length has been reached and the 
component has failed.  Finding those cracks before they reach the critical crack length 
with certain confidence is the mitigation process.  The limiting factor of mitigation 
efficacy would be the quality of failure data from the previous steps, and the bounds of 





3.2 Proposed Framework  
 Determining the risk of failure in a production component requires 
• Realization of imparted loads (static and fatigue analyses) 
• Material strength variability 
 Providing a visual aid in determining the risk associated with crack growth would 
be advantageous to any fleet manager, especially avoiding fast crack growth areas 
(Figure 2.7) but to avoid unnecessary costs of inspection and part replacement at slow 
crack growth.  This aid should also be indicative of h w the crack itself propagates 
through the component, as this would give a better understanding of what are the 
optimum inspection intervals. 
  When a crack propagates in a component, the corollary can be made that risk of 
failure inherently increases.  However, the mitigation of risk is associated by finding 
crack, thus as the crack grows, the probability of detection grows as well.  Therefore the 
two main items researched for the proposed method are: 
• Probability associated with Failure (POF) 
• Probability associated with Detecting flaws (POD) 
  The amalgamation of the aforementioned items will be demonstrated in one chart, 
which itself the mainstay of the proposed Damage Tolerance Risk Assessment (DTRA) 





Figure 3.1 Proposed DTRA combining Probabilities of Failure and Detection 
The DTRA provides an overview of the risk associated of crack propagation, and the 
recommended area for inspection, allowing the fleet to perform in a safe, satisfactory and 
economic manner.  If a fleet manager or engineer neds to provide a range of potential 
inspection periods, understanding how the crack propagates through the component is 
essential.  The ‘Conservative’ inspection range promotes waste of labor and monies, and 
has the potential of not finding crack sizes due to the resolution of the inspection method.  
The ‘High Risk’ inspection periods are clearly unwanted since this risk is correlated with 
the fast crack growth regime.  Thus, the desired inspection region inherently would have 
predictable crack growth, regarded as the ‘Optimal’ region, which includes a high 
probability of crack detection.  One of the core idas of the DTRA is to identify a linear 
and consistent amount of risk in a component.  As the crack approaches the fast growth 




transition from ‘Optimal’ to ‘High Risk’ regions is dependent upon how the slope of the 
Probability of Failure increases.   
  On the opposite side of the ‘Optimal’ region is where the ‘Conservative’ region 
transitions, which is dependent upon the general minimum acceptable risk defined by a 
governing body and the Probability of Detection of the crack.  The governing body in this 
case is the FAA, where 10-7 is the minimum acceptable rate of risk [63].  Region X is the 
tolerance of the POD, starting from the minimum of 10-7 to a given maximum (selected 
by the engineer). 
 Deciding upon the tolerance of inspection for Region X includes factors such as 
the criticality of the system for safe performance, accessibility of personnel to the system 
and potential coordination of other inspection areas, so not to inconvenience the 
customer.  For example, the desired period for inspection of a landing gear can coincide 
with the inspection of the hydraulic system that provides it power. 
 The proposed framework uses many of the same procedures for the EIFS 
distribution; however, for sake of simplicity, it assumes a nominal crack length opposed 
to a distribution of initial flaw sizes.  The framework attempts to establish a correlation 
between the crack growth of the component and the risk associated.  The ‘Paris’ region 
describes predictable, general crack growth rates without using complex plastic zone 
modeling and avoids fast crack growth area that can be unstable (Figure 2.7).  One of the 
outcomes of this thesis is to determine the same, relatively predictable areas concerning 
risk analysis that the ‘Paris’ region is to crack growth modeling.  This allows an engineer 
at the early stages of design or a program manager to identify succinctly the inspection 




  Figure 3.2 presents the overall flow of the procedur  of the Damage Tolerance 
Risk Assessment (DTRA).  The initial flaw size is a deterministic parameter fed in to the 
AFGROW crack growth software.  After which, the remote stress (local loading) is 
applied based on static analysis, where the initial cr ck is grown to failure (critical crack 
length).  This procedure is similar to the aforementioned crack growth models used with 
an EIFS distribution.  Thereafter, a PDF of residual strengths are obtained assuming a 
distribution of strengths from literature review.    A plot of the average residual strength 
progression is examined to ensure there are no discnt nuities, and to refine the resolution 
of the chart.  If data discontinuities exist, a ‘Phantom’ distribution can be created.  
Because the inputs are deterministic, a ‘Phantom’ distribution can be created since the 
covariance is known for all the cracks (Standard Deviation/Mean), which is also constant.   
 





  As the crack grows during each iteration, the residual strength distributions are 
plotted and intersected with a stress exceedance curv  (theoretical flight design case) for 
a given flight profile.   
  The intersections of the flight profile PDF with each residual strength PDF 
provides the Probability of Failure for the given spectrum.  Each intersection is plotted 
with a given number of cycles - this plot is studied to determine if there are correlations 
between the overall shape of the crack growth curve and the risk analysis.  Wherever the 
region that resembles the overall shape of the ‘Paris’ regime for crack growth shall be 
called the ‘Optimal’ region for risk analysis.  The ‘Optimal’ region is where the aircraft 
fleet managers can decide with predictability the type of risk to take, and is supported by 
the Probability of Detection for the given material and inspection method to be used.  The 
change of the inspection method (and hence the POD) does not alter the overall 
framework of the DTRA, it only changes the range of the ‘Optimal’ area since the 
process flow remains the same, but the POD curve would simply shift. 
3.3 Current Trends 
 Determining the Probability of Failure due to flight loads and residual strength of 
the material has been well documented in literature, especially when considering the 
EIFS distribution [58] [59] [60].   
  The F/A-18 wing attachment bulkheads had fatigue testing and a risk analysis 
performed using a probabilistic fracture approach by White [64].  The risk analysis, based 
on the uncertainty of the loading history, material fracture toughness and initial 




provided method is robust since it accounts for testing data used, and provides visual aid 
using several different methods to determine the POF.  However, one point of contention 
is data that demonstrated probabilities of failure that approach 10-3 have a gradual 
increase, instead of a sudden jump.  This jump would be indicative that the material grew 
beyond the Paris region and now approaching the final racture region. Examining from 
the viewpoint of the DTRA, a gradual increase may indicate crack growth is near ‘High 
Risk’ (Figure 3.1), therefore it would be an area to avoid.  DTRA potentially would aid a 
fleet manager more since it examines all the entire spectrum of POF due to slow, Paris, 
and fast crack growth regimes.   
  Wang [65] performed a risk analysis based on the POF of single shear and double 
shear joints, accounting for respective SSFs of the typical rivet and bolted fastener.  The 
approach from Wang examines a procedure a structural designer would use; at what 
crack length can one start inspections based on an acceptable risk level.  This approach is 
very appropriate and is used throughout industry, however depending on the application 
of the structure, the engineer may want to see how t e crack grows throughout the part.  
Therefore, a range of potential inspection intervals would better assess the safest and the 
most economical means of inspection. 
  Grooteman [66] used a stochastic approach to determin  life of aircraft 
components by using a reverse EIFS distribution method.  This was based on a failure 
distribution of similar components by using the tail end of failure data (assumed to fit 
within a Weibull distribution).  The Weibull distribution has the advantage of providing 
reliable statistical data for few data points, and is used extensively throughout the 




probability value of 1% (Figure 3.3), which is depend nt upon the type of inspection 
performed.   
 
Figure 3.3 Selection of initial inspection time with 1% threshold [66] 
 
  Inspection times before tinitial were deemed as unfeasible due performance 
tolerances of the inspection method itself.  However, Grooteman’s method makes use of 
POD curves, which can be reconstructed for different inspection types and needed 
resolutions.  Rummel [67] has listed several types of non-destructive methods for 
inspection of different materials.  Grooteman’s method is very precise and consistent, 
however may be arduous to iterate with several typeof materials or inspection methods.  
The DTRA method inherently indicates the type of inspection method that should be used 
based on the crack growth risk of the ‘Conservative’, ‘Optimal’ and ‘High Risk’ regions.  
This is especially advantageous to those who have extensive experience with inspection 
methodology; an inspection method can be chosen aftr the crack growth risk assessment 




90% detection rate) can be the indicator – or a value of indicators (Region X of Figure 
3.1). 
  Cavallini and Lazzeri [68] provided a code name Probabilistic Investigation for 
Safe Aircraft (PISA) that accounts for an EIFS, materi l variability and POD (Figure 
3.4). 
 
Figure 3.4 Probabilistic Investigation for Safe Aircraft (PISA) Code 
 
A Monte Carlo simulation is used to iterate for thePOF, where the goal was to reach the 
POF using the United States Air Force risk failure of 10-7 failures per flight, which 
required 3X107 simulations to run.  Because of the heavy use of computing, the author 
assumes that examining failures in the range of 10-50 would be unfeasible with current 
computing.  The main disadvantage of PISA is that te first computation inspection starts 





Figure 3.5 PISA simulation for lap-joint panel 
The DTRA examines all range of the crack growth, and because it uses deterministic 
data, does not require the use of heavy computations.  For a study of specific items, the 
PISA code is very robust.  However for an engineer to have a general idea of associated 
risk with crack growth, DTRA lends itself more user friendly since the computing 
resources needed can be performed using minimal software and hardware.  Because the 
entire crack growth range is examined, an engineer may decide which areas would 
require further analysis and more computational requi ments.  This would be applicable 
to transitions areas such as ‘Conservative’ to ‘Optimal’, or from ‘Optimal’ to ‘High 
Risk’.  A change to the fracture mechanics program does not alter the general 









4 Hydraulic Accumulator  
 
  This is an introductory example of a Fatigue analysis for a mechanical system in 
the aerospace industry.  This example demonstrates the affects that geometry, material 
selection and loading parameters have on a component’s Fatigue life.  The Fatigue life of 
two separate materials will be used to demonstrate how each may change overall system 
reliability.   
4.1 Component Description 
  An accumulator is the hydraulic equivalent to an electrical capacitor; it stores 
potential energy and may release it as needed (Figure 4.1).  
 
 





The overall geometry of the accumulator is a cylinder, which consists of a center, 
cylindrical barrel and two ends caps that screw onto the cylindrical portion.  
Accumulators provide the consistent pressure needed in a hydraulic system during 
pressure transients when large actuators serve mechanical systems (such as flight controls 
and landing gear systems). This is accomplished by separating the incompressible 
hydraulic fluid from gas or another compressible medium (such as a spring) by means of 
a bladder or piston. This guarantees that a ‘pre-charge’ pressure is always applied to the 
hydraulic fluid. Because the pre-charge gas is compressible, accumulators also absorb 
hydraulic pressure spikes, and can cushion load.  In aerospace systems, cycling between 
temperatures due to altitude changes or fluctuating hydraulic pressures puts a great deal 
of stress on the accumulator’s internal components.   In order to provide a fail-safe 
system, it is uncommon to use only one accumulator in a hydraulic system, therefore the 
reliability analysis presented here accounts for multiple units, and provides a risk 
assessment for the component a d system.   
4.2 Generalized Procedure 
Figure 4.2 presents a procedure that determines the tructural integrity of a component 





Figure 4.2 Flowchart for Generalized Integrity Technique of nacelle inlet 
4.2.1 Part 1:  Life Limit Assessment of Accumulator 
Two different materials will be assessed for this analysis (Custom 450 and AISI 4340).  
The analysis begins with loading due to usage of hydraulic components, which translate 
into stresses due to component geometry and local stress concentration factors.  The 
stress concentration factor represents the root radius of a thread on the end cap.  Material 
S-N data will then be chosen to examine the ‘equivalent’ fatigue stress at a given stress 




4.2.2 Part 2:  Reliability Function Determination   
  The values of cycles to failure found for the two material in Part 1 are then 
inverted used to determine reliability of an indiviual accumulator, and their reliability 
contribution to system.   
4.3 Analysis 
4.3.1 Part 1:  Life Limit Assessment of Accumulator 
  External dimensions and testing criteria has been sta dardized by the Department 
of Defense, where conforming dimensions used for this analysis follow the -1 
configuration of Table 4.1.  Figure 4.1 shows a view of the stress concentration area and 
defines the thickness used for the analysis.  








Figure 4.3 Section A – A from Figure 4.1 Barrel end cross section  
 
The pressure profile is given by Figure 4.4, where the accumulator is assumed having a 
500 psi precharge of nitrogen, allowing the unit to pr vide some pressure even if the 
hydraulic systems are off. 
 
 
Figure 4.4 Pressure cycle accumulator undergoes through one flight 



















  The material and fatigue data shall be referenced from the Metallic Materials 
Properties Development and Standardization (MMPDS-04) [69].  MMPDS is one of the 
standards for material data used throughout the aerospace industry.  Figure A.0.1 and 
Figure A.0.2 found in the Appendix provide the respective materi l strength and fatigue 
data.  
  The primary mechanism of failure of the barrel is axial stresses. 
Equation 4.1 provides the means to calculate those stresses based on the pressures (P) and 
the radius from the peak to the centerline (Figure 4.3). 
,,?  @,,?A2B   Equation 4.1 
 
Equation 4.2 defines the maximum stress each block c ntributes. 
C,,?  D ##E
F ,,? Equation 4.2  
                   
where Kt = 3.0 via, and Ktsn 10.5, which is assumed as a representative value for stress 
concentrations at a screw’s root due to machining operations. The equivalent maximum 
stresses (Seq) for Custom 450 and AISI 4340 are defined by Equation 4.3 and Equation 
4.4, respectively. 
CG,,?  C,,?(1 − )%.JK  Equation 4.3 
 





The load ratio (R) for each block is defined as the (Low Pressure)/(Peak Pressure).  Each 
separate equivalent stress then is equated into an individual raw cycle life to failure (N) 
for Custom 450 (Equation 4.5) and for AISI 4340 (Equation 4.6). 





,,?  10[[.OP.[O QRS"TUV,W,XPKJ.O]  Equation 4.6 
 
The contribution of each life N is calculated by a Miner’s rule to a final life cycle 
(Equation 4.7). 
Total	Life	Expected		 k 1 + 1 + 1?l
P
 Equation 4.7 
 











K t  
Profile Geometry 
Largest Pressures for Each 
Block 






1 2 3 σ1 σ2 σ3 
Custom 450 
Nominal  3.5 2.37215 0.05 3000 2600 3000 71165 6167 71165 
Min 3.5 2.3693 0.05 3000 2600 3000 71079 61602 71079 
Max 3.5 2.375 0.05 3000 2600 3000 71250 61750 71250 
AISI 4340 
Nominal 3.5 2.37215 0.05 3000 2600 3000 71165 61676 71165 
Min  3.5 2.3693 0.05 3000 2600 3000 71079 61602 71079 









Maximum Stress for Each 
Block SMAX  
Relative weight ratio of lowest 
pressure/highest pressure of each 
block 
Equivalent Stress 
conforming to MIL 
Hdbk (SEQ) 
Raw Block Life (N) 
Total Life 
Expected 





Nominal  3.5 83025 71955 83025 0.17 0.29 0.17 73.7 57.7 73.7 50693 380432 50693 23763 
Min 3.5 82926 71869 82926 0.17 0.29 0.17 73.7 57.6 73.7 51114 385069 51114 23966 
Max 3.5 83125 72042 83125 0.17 0.29 0.17 73.8 57.7 73.8 50277 375868 50277 23563 
AISI 4340 
Nominal 3.5 83025 71955 83025 0.17 0.29 0.17 75.7 60.5 75.7 80346 1190158 80346 38861 
Min  3.5 82926 71869 82926 0.17 0.29 0.17 75.6 60.4 75.6 81010 1227872 81010 39211 




  For the purposes of this example, a failure will be deemed any leakage due to 
structural cracks.  The material ultimate and yield tensile strength (TUS & TYS, 
respectively) are used to benchmark a material’s streng h for static loading.  The value of 
the TUS of AISI 4340 is 352 ksi vs. 304 ksi for Custom 450; AISI 4340 has a 13% 
ultimate strength advantage for static applications.  Results from Table 4.2 show that for 
nominal dimensions AISI 4340 can withstand 38861 flights before a detected leak vs. 
23763 flights of Custom 450.  Thus for fatigue considerations under the given pressure 
duty cycle, it can be concluded that AISI 4340 has nearly 40% better endurance life. 
4.3.2 Part 2:  Reliability Function Determination 
  Reliability of a single accumulator is based on the analysis results for nominal 
dimensions provided in Table 4.2.  The reliability of the hydraulic system the 
accumulators serve requires the use of Fault Tree Analysis (FTA).  FTA accounts for 
system reliability by interconnecting different component using Boolean algebra, and is 
reflective of how different components interact in a system.  Table 4.3 provides an 
















 The probability that a unit fails is the failure divi ed by the expected life cycles of 
the part, therefore the unit (or metric) for reliability is ‘failure-per-unit-time’.  In the case 
of Custom 450 the reliability rate is 1/23563 = 4.2 X 10-5, and for AISI 4340 the 
reliability rate is 1/38515 = 2.6 X 10-5.  If a system is using two accumulators, and 
depending on the system configuration, the reliability can differ greatly.  If units were 




failure of both items, utilizing the AND function, and thus equate to a rate (for Custom 
450) of (4.2 X 10-5) X (4.2 X 10-5) = 1.76 X 10-9. 
 
 
Figure 4.5 Example of two items failing in relation to fault tree analysis 
 
If two accumulators were made of AISI 4340 and were configured where failure of only 
one unit would directly cause an overall loss of system functionality, this would employ 
the OR gate and equate to (2.6 X 10-5) + (2.6 X 10-5) = 5.2 X 10-5.   
4.4 Conclusion 
  This example illustrates that although a material might appear better for static and 
fatigue applications, the system configuration can hange the reliability of the system. In 
the example provided, Custom 450 could be configured in a manner that allows greater 
overall reliability to the system than AISI 4340, although it was relatively lackluster 
considering fatigue properties. This drives the idea that even designing components 
requires an understanding first and foremost of the system it will serve.  In addition, static 
strength advantages do not necessarily correlate in the same manner to fatigue. 




5 Engine Nacelle Inlet 
 
5.1 Purpose of Component 
  The inlet is part of the aircraft’s nacelle assembly, whose primary purpose is to 
direct as much air into the engine as efficiently as possible.  It is a unique structure in the 
sense that it must have a smooth, aerodynamic profile to sustain aerodynamic forces 
(similar to other air passage components), but is also exposed engine loading.   Therefore, 
compared to the relatively tame environment of an accumulator stored inside a fuselage, 
the nacelle inlet is exposed to a much harsher enviro ment, which inherently has varied 
loading.  In addition to the exposed loading, interal complications of the nacelle add to 
the possibility of mechanical failure. 
 
Figure 5.1 Engine inlet portion of nacelle 
 
  The nacelle assembly is a complicated structure constructed of several sub-
mechanical assemblies, which are interconnected throug  sequencing mechanisms.  All 
components have tolerances; an accumulation of component tolerances in assemblies 
augments the possibility of improper system functionality.  Because all assemblies have 




sequencing can be performed in different manufacturing phases, and are very common 
before the customer receives aircraft delivery. 
    Therefore, a main feature designed into the structu es serving complex 
mechanical assemblies is an inspection, or ‘rigging’ opening (Figure 5.2).  Such types of 
openings are essential in proper checking of sequencing mechanisms, and can vary in size 
and shape.  An example of such rigging opening is depicted in Figure 5.2, where a 
technician try to fit the tool through two components openings.  This tool can be as 
simple as a small cylindrical rod to complex as having the shape of a key.  If the 
technician can perform this task, then the mechanism inside of the structure has been 
calibrated, or ‘rigged’ properly.  If the tool does not fit through properly, the technician 
would need to start recalibration again.  Perfect concentricity of the holes is not required 
if the tool (in this case a small cylindrical rod) can be inserted.    
 
Figure 5.2 Example of rigging two components 
The framework established in Section 3 will consider th  various loading conditions in 




5.2 Proposed Framework for Inlet 
  The following framework establishes a method to analyze an engine inlet, which 
has a rigging opening introduced during the manufact ring process, and focuses on the 
Probability of Failure from the aspect of Damage Tolerance, and how to mitigate any 
failures. 
 
Figure 5.3 Location of tooling hole relative to nacelle 
  The structural analysis method for this example us s an established course for 
analysis of initial aircraft design (Figure 5.4).  For this example, loading for Aerodynamic 
Data shall be determined from assuming theoretical flight profile, and loading for 
Structural Vibration are determined from engine noise.  Other structural complications 





Figure 5.4 Structural Analytical Design Cycles [71] 
5.2.1 Process Flow 
 The Generalized Integrity Technique (GIT) (Figure 5.5) is presented for 
determination of structural integrity of a component, which starts from the designated 
component geometry and material construction, and incorporates loading conditions to 





Figure 5.5 Flowchart for Generalized Integrity Technique of nacelle inlet 
 
  The last step of the GIT is a Damage Tolerance Risk Analysis performed by 
intersecting values from static component loading to that of aircraft maneuvers (Figure 
3.2), providing Probability of Failure values.  The final step is further explained by 





Figure 5.6 Damage Tolerance Risk Assessment 
During each iteration of crack growth, the residual strength distribution of the part a the 
given crack size is defined based on the fracture toughness variability.  Each residual 
strength distribution is intersected with a theoretical flight design case.  These 
intersections are the Probability of Failure, which w en plotted with the Probability of 
Detection provide a total holistic view of the system that is similar to Figure 3.1. The 




5.2.2 Detailed Workflow for Inlet 
  Because the engine inlet undergoes more types of loading than the hydraulic 
accumulator presented in Section 4, a research effort was employed to understand the 
types of loading and manufacturing parameters that could affect the inlet’s crack growth 
life.  Figure 5.7 details the static analysis required to understand the primary loading from 
the engine itself.   
 
Figure 5.7 Block diagram describing derivation of loads 
The beginning assumptions are that a geometry and engine noise parameters are given.  
The area surrounding the rigging hole (Figure 5.3) is assumed to undergo circumferential 




provides the ‘Remote Load’, which intern provides the ‘Maximum Stress’ due to engine 
noise.  This ‘Maximum Stress’ need not be confused with an ‘Ultimate Stress’ value from 
a purely static analysis, since structural integrity with a static only analysis would use 
higher loads than those produced by the engine noise.  This thesis then concentrates on 
the Crack Growth Modeling due to the engine loading.  Details of how Component 
Manufacturing and Environmental Inputs affect structural integrity are explained further 
with the aid of Figure 5.8. 
 
Figure 5.8 Continuation from Figure 5.7, the Probability of Failure is the final item 
 
  The Crack Growth Modeling engine used was AFGROW, where the part was 
loaded with a ratio R = 0.  The main output was a cr ck length (ai), which was 
subsequently entered into the Residual Strength Distribution Function, (σRS,i), of the 




variate distribution.  In the case of the nacelle, a single initial crack was assumed, while 
the fracture toughness data was collected through literature research.  This iterative 
process continues until the critical crack length has been reached.   
  Each residual strength distribution was been colle ted and plotted, and depending 
on the resolution of the iteration; the number of iterations plotted can vary.  Crack growth 
modeling only examined engine noise; however, the Probability of Failure includes 
loading from the Environmental Inputs.  A singular distribution representing the 
Environmental Input is created and plotted alongside each iterated residual strength 
distribution, where the interference region relates to the Probability of Failure. As the 
crack grows, it loses its residual strength, creating larger intersecting areas with the 
Environmental Input.  This was previously demonstrated with Figure 2.9; however, 






Figure 5.9 Probability of Failure increases are the crack grows through time 
 
5.3 Framework Application 
  The reader has been exposed to the general purpose of the component, the overall 
systematic and specified processes of the Damage Tolerance Risk Assessment.  This sub-
section applies the previous sections into a nacelle whose chosen dimensions are based 
on the author’s industry experience.   
5.3.1 Geometry and Material 
  The shape of the component determines how load is istributed through the 
structure and localized stress, especially due to stress concentrations.   The inlet conforms 
to the aerodynamic shape of the engine nacelle as depicted in Figure 5.1, where the inlet 
itself has the shape of a cone Figure 5.10. 
 
Figure 5.10 Dimensions of inlet 
Aluminum is used extensively throughout aircraft programs because of the lightweight 
properties and readily availability to come in different stock sizes.  Two main types of 
aluminum throughout aerospace are 2000 and 7000 series aluminums, where the inlet 




5.3.2 Natural Frequency 
  The overall life of sheet metal components are greatly affected by the acoustic 
fatigue loads from the engine noise [72].  The natural frequency of the cylinder must be 
determined in order to understand the reactions to exerted pressures, as well as ensuring 
the operational frequencies are outside the 5% resonant frequencies of the inlet [73].  The 
loading condition of this as well as boundary conditions will play a prominent role in 
determining the natural frequency of the inlet.  To ensure the numerical value of the 
natural frequency is correct, a comparison was made between ‘hand’ calculations and a 
finite element model.  If the values were considere in the same order of magnitude, the 
more conservative value was chosen to proceed forward ith the analysis. 
  Due to shape, loading and boundary conditions of the inlet, an extensive literature 
review was required to best understand and choose the describing equation for the 
component.  Because the ratio of the thickness to inner diameter = 0.175/30 = 0.0058 
(less than 0.05) theory thin walled vessel is allowed [74].  Therefore, structural responses 
of the system will be specific only to those acting i  a circumferential manner, and 
requires understanding of the inlet’s boundary condition. 
 





The portion of the inlet that attaches to the main nacelle structure runs from Section 1 – 
Section 2, and the structure that is exposed to air passage runs from Section 1 – Section 2 
(Figure 5.12).  The author assumes 
 
Figure 5.12 Close up of inlet section and respective constraints 
 
Perhaps one of the largest compendiums of all vibration applications of shells is from 
Leissa [75].  From Leissa’s work, Pilkey [76] simplified frequency parameters and 
boundary, where Equation 5.1 defines the natural frequency examining membrane 
loading. 
m  n Ωp(1 − q) Equation 5.1 
Due to the boundary conditions defined by Figure 5.12, Section 1 – Section 2 is assumed 
fixed.  Therefore, the natural frequency of the inlt is assumed to resemble that of a 





Figure 5.13 Clamped-Free boundary condition for inlet natural frequency [76] 
 
Per Leissa, performing hand calculations for a sloping cylindrical shell’s natural 
frequency would be extremely arduous, and is beyond the scope of this thesis.  Therefore, 
an acceptable range would be if the two natural frequencies determined were in the same 
order of magnitude, where the largest natural frequency would be used for further 
calculations.   
  ABAQUS CAE was employed as a check for the hand calculations previously 
performed.  The density of aluminum was converted from 0.101 lb./in3 to 0.000261 
lb./in3, adjusting for rate of acceleration = 32.2 ft./s2 = 386.4 in/s2.  ABAQUS calculated 
the natural frequency of approximately 227 Hz, hand methods calculated 317.74 Hz as 
shown on Table 5.1, showing results being in the same order of magnitude.  The natural 
frequency will be critical in determining the actual applied pressures from engine noise. 
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Figure 5.14 Modal analysis from ABAQUS 
5.4 Structural Reactions – Sonic Loading  
Noise from the aircraft’s engine produces sound pressure levels that are used for the static 
analysis.  The Miles Method creates the correlation between the structural responses of 
the inlet to acoustic noise generated by the aircraft engine.   John Miles studied the stress 
spectrum of aircraft structure undergoing random loading, where he assumed such 
structures as having a single degree of freedom in his vibrations analysis [77].  The main 
equation from Miles that is used in industry [78] is defined per Equation 5.2.  






The Miles equation has found use when analyzing various root mean square (RMS) 
quantities such as von Mises stress of enclosed volumes [79] and flat plates [80].  
However, the RMS sound pressure response has been compared [81] [82]  in the same 
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u@"  Equation 5.3  
Where the sound pressure spectral density is provided by Equation 5.4 and the 
operational frequencies (f1 and f2) are provided by Equation 5.5. 
@"  (2.9}10PN)}10~/%0.231  Equation 5.4  
   Equation 5.5  
 
Figure 5.15 Engine speed vs. SPL for J-65 jet engine 
 
The operational frequencies are taken the data of the J-65 jet engine from Figure 5.15 
[83], which has similar performance characteristics as the engine that the nacelle 
structure is installed on.  Based on the engine data and structural boundary conditions, the 
applied pressure load from the jet engine is 4.52 psi (Table 5.2).  Since the loading is 
known, the next step is to determine the static loading. 
Table 5.2 Pressures on the inlet based on natural frequency and sound pressure levels 
f1 - at 
40% 
(Hz) 
f2 - at 
100% 
(Hz) 
fc fn Q 
SPL 
(dB) 
PS PRMS (psi) 




5.5 Structural Reactions – Static Loading 
The nacelle skin will be analyzed for membrane stres  in the circumferential direction 
using the pressure loads determined from the previous section.  This conservatively 
increases hoop stress reacted at the upper frame area. The cross section of the part is 
made of the -1 and -3, both are made from 7075-T6.  he fatigue and damage tolerance 
calculations will focus on the -3.  The hoop stress (calculated below) will aid in back 
calculating the total load entering each component of the cross section from Figure 5.10. 
$$y  @!s"AB  (4.52)(302. +0.1752)0.05  2728 
 
 





Figure 5.17 Section B- B from Figure 5.16 
 AP  (0.05in. )1in. 0.05in.  
wP?  (0.1252. )12.  0.1252.  
w$#  0.1252.+ 0.052. 0.1752.    
Find Reactions PHoop: 
@$$y  $$yw$#  (2728)(0.1752. )  477.4.    
 
Figure 5.18 Local dimensions, coordinate systems, hoop loads and reactions 
 
Figure 5.18 presents the effective sheet metal dimensions, where calculated stresses on 
the sheet metal due to operational loads are shown below.  The section width is idealized 
as 1 inch.  For the purposes of this thesis, it is assumed an arbitrary method of fastening is 




components that are acting on the face are axial loading from the hoop stress (VZ), which 
is the main stress determining the fatigue and damage tolerance lives.  Solutions to 
bending, axial and torsional [84] stresses shown are shown below. 
()	  w  @$$yw00#	0  477.4.0.1252.  3.82	 ≈ 4 
For sake of conservatism, the calculated hoop stress is rounded to 4ksi, which is 
compared to the results from the FEM (Figure 5.19).  The value of the FEM is in the 
same order of magnitude as with the hand calculations, however, the hand calculations 
provide a largest stress, and therefore shall be used for further crack growth calculations. 
 
 






5.6 Crack Growth 
5.6.1 Crack Growth Assumptions 
  Crack growth assumes an initial flaw is introduced during the manufacturing 
process of the base material itself or when several components are assembled together.  
In the case of the nacelle, it is assumed the flaw in introduced during a hole reaming 
process when creating the inspection hole.   
  The introduced flaw, (or initial crack length), is a two-dimensional aberration 
(Figure 5.21), where Ligament 1 has the introduced flaw, and Ligament 2 is untouched.  
Cracks grow due to tension loading and stresses analyzed from Section 5.5. It is assumed 
the crack will grow along the local y-axis of the component (Figure 5.20).   
 





Figure 5.21 Section B-B from Figure 5.20 
 
 
Figure 5.22 Detail A from Figure 5.21, a crack is two-dimensional  
 
The respective geometric properties of the material strip are given below (Figure 5.20): 
• Width = 1 in. 
• Thickness = 0.125 in. 
• Hole Diameter = 0.1875 in. 
• Initial Surface Crack Length = 0.07 in. 
• Through-the-hole Crack Length = 0.03 in. 
 Crack growth material data referenced from the AFGROW database for 7075-




database in AFGROW is assumed adequate in providing the best crack growth rate for a 
part of 0.125 inch thickness. 
 
Figure 5.23 Crack growth data from AFGROW database for 7075-T6511 
 
  The geometric and material parameters are input into AFGROW, a crack growth 
program used in the aerospace industry, which iterates the crack growth based on 
database of known crack growth rates and the load spectrum provided by the user.  It uses 
the same methods as discussed for critical crack length per Section 2.2.  Assumed 
component failure occurs when the crack completely grows through Ligament 1 (Figure 
5.21). 
  The purpose of the component defines what is a failure; a through the hole crack 
may not be significant or regarded as a component failure.  This is critical because failure 
quantification is an input to the Probability of Failure that will be performed later in this 
thesis.  In the case of the nacelle, the function of the hole is to have a tool or device 




mechanism (or any device similar to) can function properly.  A through-the-crack hole 
will not to impede the structural integrity of the assembly at the beginning of the crack 
life. However as the crack grows to its critical length, and causes a piece of the metal 
strip to dislodge, it can damage components inside the nacelle and potentially cause 
Foreign Object Damage (FOD).  Detachment will occur when the surface crack reaches 
its critical dimension; thus, the surface crack critical length is considered the main failure 
indication of the component. Crack growth and risk analysis calculations will be based on 
how the surface grows during time. 
5.6.2 Crack Growth Calculations 
  The number of cycles to failure for a surface crack is much larger than a through-
the-hole crack because the surface crack has a larger path to travel along the part’s width, 
compared to the through-the-hole crack traveling along the thickness (Figure 5.24). 
 






Each crack has a respective geometric value (Beta) that changes as the crack propagates 
through the strip.  Crack propagation and Beta factors are presented for both surface (a 
length) and through-the-hole (c length) in Figure 5.24 and Figure 5.25, respectively.  The 
limiting factor of the through-the-hole crack is it’s boundary dimensions, being the 
thickness of the specimen itself and not the geometry of the crack.  However the opposite 
is true for the surface crack, where it’s limiting factor is due to the inherent crack 
geometry as it approaches the critical crack length.  T is is seen by the comparison of the 
Beta factors in Figure 5.25 and Figure 5.26 .  As Beta C passes the 0.325 in. crack length, 
the values become asymptotic, where the critical crck length is reached before the 
specimen’s surface boundary dimensions. 
 






Figure 5.26 Change in Beta Factor during crack growth 
 
  Each iteration (denoted as ‘i’) represents a time segment that AFGROW iterates.   
The post-processing crack growth phase would include nderstanding how the material 
variability would affect the residual strength of the component as the crack grows 
(Equation 5.6).     
!"  ,√ ,  Equation 5.6 
The general procedure to go about this is to create a distribution of residual strength 
based on material variability researched.  The variability assumes the material follows a 
normal distribution for 7075-T6 sheet aluminum, where the average and standard 
deviation values for fracture toughness are 71.9 ksi and 2.8 ksi, respectively [39].  This 
procedure was performed for a total of 42 iterations, a summary of the residual strength 




Table 5.3 Statistics of residual strength during various crack growth intervals 
 
 
The outcome of each iteration is a Probability Density Function (PDF) of the residual 
strength at each iteration (Figure 5.27).   
 
Figure 5.27 Progression of Residual Strength of part as crack grows 
 
When the part begins with an intial flaw, the residual strength of the component reflects a 
PDF of the fracture toughness for virgin material constructed from 7075-T6.  During the 
beginning of the crack life, the intial flaw has little affect on the component’s residual 
strength, since the PDF almost resembles virgin material strength (which inherently has a 
broad range of material strength).  However the flaw becomes more influential of the 
Iteration i=1 i=10 i=20 i=30 i=40 i=42
Crack Length (in.) 0.070 0.093 0.160 0.261 0.368 0.396
Average σRS (ksi) 58.743 25.314 20.190 15.712 9.003 4.118
Standard Deviation (ksi) 2.402 1.035 0.825 0.642 0.368 0.168




component’s strength as it grows, until finally there is little range in residual strength 
required to break the component.  ‘Range’ with ‘variation’ of residual strengths do not 
have interchangeable definitions; as was shown in Table 5.3, the Coefficient of Variation 
is kept constant throughout crack growth.  The PDF essentially describes the distribution 
of a random variables over the same space of a continous random variable [85] (in this 
case the random variable is the fracture toughness).  
  The progression of the increasing residual strengh PDF (Figure 5.27) can be 
explained as there is a higher certainty where the maximum residual strength of the 
component occurs as the crack grows; since the crack is growing, it is becoming more 
influential in the components strength.  However, as the crack is growing, the material 
become weaker, thus it’s residual strength decreases.  Figure 5.28 provides a graph of the 
peak values of the material strength PDF, which depicts the largest residual strength 
value plotted based on the average of the maximum residual strength value (Equation 
5.7).  
	z  !"P00 + 6 Equation 5.7 
 
Therefore, the distribution of the r lative residual stress at each interval increases, even 






Figure 5.28 PDF of average residual strength increases as crack grows 
As the crack grows through the part, there is a narrower band in where the average 
residual strength lies.  In the next section this wll be critical in understanding how to 
create a POF based on aircraft maneuver loads. 
5.6.3 Probability of Failure  
  The residual strength and crack growth presented only account for engine noise 
and has not considered actual flight loads, which add to the stresses the nacelle.  To have 
an understanding of environmental loads on a structu e before starting a flight test 
program, flight design cases are used for this reason.  For the purposes of this thesis, an 
Extreme Value Type I Distribution (also referred as Gumbel Distribution) is used, which 
assumes a theoretical large load will rarely occur.  However it is assumed that over the 
course of the component’s life, it will occur, thus structural integrity must be met during 




  Construction of the curve starts with the Gumbel Cumulative Distribution 
Function (CDF), and for the case at hand, it is assumed that at about 95% of the stresses 
due to the flight profile will occur from the range of 0 - 5.2ksi (Figure 5.29). All other 
stresses follow the Gumbel CDF and provide low probabilities of high stresses.     
 
 
Figure 5.29 Probability of nacelle enduring loads during flight 
 
The Gumbel CDF correlates to a Gumbel PDF described by Equation 5.8 [85], which can 

















The integration performed is essentially the Probability of Failure (POF) of the 
component (Figure 5.30).  Please note the units for POF are Probability of Failure per 
Flight. 
 
Figure 5.30 POF is the intersection of Gumbel and Residual Strength PDFs 
 
  The POF is the intersecting area between two PDFs (Figure 5.30).  Calculating the 
PDF involves using a trapezoidal rule via Microsoft Excel ©. If the current flight design 
case is used, the component’s critical crack length will not be met, i.e. the stresses from 
the flight design case will be larger than the residual strength of the part at the critical 
crack condition.  This is corraborated by the probability of reaching stresses greater than 
4 ksi during the life of the component will be met with 100% certainty (Figure 5.29).  
Mitigation for the crack growth is needed to ensure th  component can be fixed in a 




5.6.4 Probability of Detection 
  The Probability of Detection (POD) allows the engineer to better make use of the 
POF data.  The POD is based on what are the chances  inspector can detect the flaw 
based on the material inspected, the inspection methodology and the crack length.  Data 
from was recreated from [67] that examined a total f 184 sites of Boeing 737 structure 
constructed from 2024 aluminum using Eddy Current inspection.  The structure was a lap 
splice, and was chosen due to geometry of the material and the relative degree of 
accuracy.  The POD was stated at 90% for a 0.101 in. flaw, where this manner of 
precision will be used for creating an inspection interval. 
 




5.6.5 Inspection Interval 
  The inspection interval is created by comparing at how a crack length from the 
POD would correlate to a time interval based on the nacelle crack growth data.  From 
this, the engineer can know the appropriate time to start inspecting the parts with a known 
degree of accuracy.  From Figure 5.32, it can be shown that a crack length of 0.1 in. 
equates to 90% certainity of detecting that flaw – therefore one can assume that this crack 
length has an intrinsic value at a certain life cycle if one knows the crack growth rate for 
a specific component.   
 
 
Figure 5.32 Vertical line correlates POD to crack length on nacelle  
 
  Figure 5.32 tranforms the crack length abscissa from crack length inches (from 
Figure 5.31) into cycles.  The number of cycles to begin detecting crack with 90% 




   The FAA designated per allowable probability of risk per hour is designated as 1 
X 10-7 failures per hour [69], which can be overlayed with the known probabilities of 
failure from crack growth.  Based on the 90% confidence level from inspection at a given 




Figure 5.33 Probability of Risk per cycle for crack growth in nacelle 
 
  The metric of a cycle based on engine speed is not realistic for recording and 
accounting purposes, and need to be converted to a more suitable unit of time.  Per 
Section 5.4, it can be assumed that the average operating speed of the engine equates to 
4573 cycles per minute, based on this it can be shown that the inspection period can start 





(9.56	X	10K	cycles) D 1min4573cyclesF D 1hr60minF  3.5	hrs 
The associated risk per cycle assuming inspections will start at 3.5 hours (per Figure 
5.33) is between 1 X 10-33 and 1X10-31, while the FAA minimum is 1 X 10-7.   
  Depending on the maintenance manager, this may be too conservative, and can 
therefore adjust or maximize the inspection time based on an acceptable risk to their fleet.  
Figure 5.33 has the same general shape as the Damage Tolerance Risk Assessment 
(Figure 3.1), and shows that the ‘Optimal’ region fr inspection would be between 9.56 X 
105 cycles and 1.4 X 106 cycles, since this area has the a slope closest to a constant and 





































  The focus of the research was compare and provide a risk analysis based on 
Fatigue and Damage Tolerance philosophies for structural integrity, by focusing on 
current methods used in the aerospace industry with near identical components found in 
service in the industry.  This thesis provides a method in determining risk associated 
failure of a hydraulic accumulator and with crack growth in an engine nacelle for new 
design.   
6.1.1 Risk Analysis – Fatigue 
  The presented procedure examines the situation where design has little room to 
deviate due to certification reasons.  The risk analysis uses fatigue failure analysis with a 
fault tree analysis to determine the associated risk w th a component. 
6.1.2 Risk Analysis – Damage Tolerance 
  The presented procedure guides the reader through the actual process of 
determining the structural integrity of an engine nacelle inlet due to sonic fatigue loading 
from the engine, and due to aircraft maneuvers.  The risk analysis integrates the crack 
growth propagation due to the aforementioned loading conditions with the probability of 
component crack detection found in industry.  The variability achieved is by assuming 
the fracture strength material properties conform to a normal distribution, and that the 
flight design case is a Gumbel extreme value distribu ion.  The outcome is a visual aid 
that can quickly aid in determining recommended inspection intervals, and matches the 




 The main contribution of this thesis was the creation of the Damage Tolerance 
Risk Assessment chart, which visually correlates th crack growth rate of the component 
to how risk changes, and incorporates a Probability of Detection of certain size cracks.  
Although the probabilities of failure presented seem xtraordinarily small, the overall 
picture can be applicable.  The DTRA provides a holistic tool that allows an engineer to 
understand what are the associated risks from ‘cradle-to-grave’, and how to mitigate 
those risks. 
  The DTRA framework was compared to other methods used in the industry that 
also examine Probability of Failure and attempt of mitigate risk using Probability of 
Detection techniques.  The main advantage the DTRA has compared to the researched 
methods is that it examines the entire crack growth regime, and does not require much 
computational power to model the risk associated due to the assumptions made (for 
specifics of these assumptions please refer to Section 3).  By analyzing the entire regime, 
an engineer can tailor how to change the crack growth model as needed.  For example, 
the transition area from ‘Optimum’ to ‘High Risk’ may require additional fracture 
mechanics modeling.  This would indicate to an engineer to focus is needed on these 
particular areas opposed to the entire crack growth model.  Because other methods do not 
look at the entire initially from a deterministic view, heavy computational power may be 
wasted. 
6.2 Limitations and Suggested Future Work 
  Although the proposed procedure examined variation in material parameters, and 




more realistic. This would include marrying the actual crack distributions (EIFS, etc.) 
found in the field, as well as other items discussed in the subsections below. 
6.2.1 Geometry 
  More specific to an engine nacelle would be to modeling through FEM the 
curvature effect on crack growth, also referred to as ‘bulging effects’.  Bulging affects 
occur when the curvature of any panel makes analyzing crack growth more difficult [37].  
As reported by [86], the effect of shell curvature increases on stress intensity factor as 
membrane stresses become more dominant than bending.  The coefficient of variation for 
cracks for curved specimens was reported as being quite different from other specimens 
[87].  In addition, a more refined model of the nacelle and boundary conditions would 
provide a more precise examination of the component. 
6.2.2 Material 
  Corrosion effects, as previously discussed with the Lockheed C-130, have a 
profound effect on fatigue on multiple initiation site  would be included in the discussion 
of an EIFS distribution, as simultaneous crack growth can occur [65]. 
  The inspection methodology used was for 2000 serie  aluminum; however, there 
was 7000 series aluminum constructed.  Therefore, the Probability of Detection for the 
cracks would need to reflect a more suitable inspection method.  Nevertheless, the overall 
procedure (regardless of inspection hardware used) i  still valid. 
6.2.3 Loading 
  The sonic fatigue condition examined the case of ngine noise at a constant load 




supersonic aircraft, a ‘hammershock’ condition may occur, which occurs when the engine 
compressor creates a large pressure rise that propagates upstream [88] [89], which has 
been reported to be as much as three times the pressure compared to steady state [90]. 
6.2.4 Probabilistic Analysis 
  The random variable was the fracture toughness of the material used, where the 
fracture toughness assumed a normal distribution frm the fracture toughness.  The initial 
crack sizes were essentially deterministic, which provided a clear picture of the risk; 
however, an improvement would be to include a stochastic analysis, which included test 
data. 
 A critical aspect in the DTRA framework is the demarcation of the ‘Optimal’ and 
‘High Risk’ regions, and their respective transition from one to another.  As previously 
mentioned, each region defines itself based on the slope of risk associated with the crack 
growth, and as the slope increases (especially toward the fast crack growth region); the 
risk inherently increases as well.  Quantifying theransition requires further knowledge 
of the loading conditions, material variability and manufacturing techniques.   
  The recommendation would be to perform bench testing on various, controlled 
manufacturing samples that exhibit different flaw size , or from specimens that have 
different material variability.  Material variability would arrive from literature review 
from industry and government research [39].  The bench testing would simulate the crack 
growth due to internal loading conditions.  By using several different test specimens, 
either through material variability or manufacturing, the sensitivity of the how the slope 
changes from ‘Optimum’ to ‘High Risk’ may be studie and understood further.  




crack growth modeling, which requires a thorough investigation of fracture mechanics 
during the transition from ‘Optimum’ to ‘High Risk’ areas. 
  Accounting for such sensitivities would not alter he procedure of the DTRA, as 
the framework does not specify a particular type of crack growth model to use.  In 
addition, the intersection of bench testing data with fl ght data in determining POF would 







































7075-T6 Axial Stress = 4 ksi 
Units: English 
This space for comments 
Single Corner Crack at Hole - Standard Solution 
 
Solution Type: standard 
Solution ID: 1030 
Name Value Type 
w 1 double 










Form:   
dAdN model:  hartert 
Name Value Type 
kic 30 double 
rlo -0.33 double 
rhi 0.72 double 
yld 56 double 
e 10300 double 
poisson 0.33 double 
thermcoef 1.230000e-005 exponential 
hartert See Below tabular data 
 







1.000000e-009 2.008 0.819 
2.000000e-009 2.016 0.815 
1.000000e-008 2.064 0.81 
2.000000e-008 2.134 0.8 
4.000000e-008 2.266 0.757 
6.000000e-008 2.492 0.686 
1.000000e-007 3 0.597 
2.000000e-007 3.887 0.58 
4.000000e-007 5.28 0.45 
6.000000e-007 5.754 0.41 
8.000000e-007 5.885 0.41 
1.000000e-006 5.96 0.413 
2.000000e-006 6.713 0.42 
4.000000e-006 8.081 0.428 
1.000000e-005 11.412 0.42 
2.000000e-005 14.804 0.41 
4.000000e-005 19 0.376 
1.000000e-004 24.7 0.355 
2.000000e-004 29.5 0.291 
4.000000e-004 34 0.25 
6.000000e-004 36.5 0.245 
8.000000e-004 38 0.241 
1.000000e-003 39 0.238 
4.000000e-003 45.2 0.217 





Name Value Type 
smf 1 double 
pxx 0 double 




Name Value Type 
retardation_hsu_mo 0.6 double 
retardation_hsu_r_cutoff 0.3 double 
 
Predict Properties 
Name Value Type 
kle_transition 0 integer 
thickness_penetration_pr_transition 95 double 
vroman_grow 5 double 
cycle_by_cycle_beta_grow 0 integer 
cycle_by_cycle_alfa_grow 0 integer 
cycle_count_stop 0 integer 
cycle_count_stop_value 100000 double 
spectrum_rep_stop 999999 double 
kmax_failure_stop 1 integer 
netstress_failure_stop 1 integer 
crack_length_stop 0 integer 
crack_length_stop_value 10 double 
user_k_stop 0 integer 
user_k_stop_value 150 double 
user_transition_part_through_stop 0 integer 
crack_min_grow_stop 1e-013 double 
life_in_hours_out 0 integer 
hours_per_pass_out 1 double 




crack_growth_print_out 0.01 double 
cycles_pass_out 100 double 
print_to_screen_file 1 integer 
print_to_data_file 1 integer 
print_to_plot_file 1 integer 
print_to_xml_data_file 1 integer 
name_print_to_xml_data_file afgr_output.xml string 
name_print_to_data_file afgr_output.out string 
name_print_to_plot_file afgr_plot.pl2 string 












Model C Angle A Angle 
1010 0 90 
1015 0 90 
1020 0 90 
1030 5 80 
1035 2.5 87 
1040 0 80 
1045 0 85 
1050 5 80 
1060 0 80 
1070 5 83 
1080 5 80 







Table A.0.2 Crack Growth Output for Figure 5.24, Figure 5.25, and Figure 5.26 
Cycles i C Length Beta C ∆ Beta 
0 1 0.07 2.5962476 0.5443914 
180000 2 0.07 3.140639 0.6695232 
328000 3 0.07 3.8101622 0.6530119 
458000 4 0.0700668 4.4631741 0.3949373 
575000 5 0.0732732 4.8581114 0.1710898 
682000 6 0.0789149 5.0292013 0.0439861 
700000 7 0.0800359 5.0731874 0.0795248 
783000 8 0.0856469 5.1527122 0.0357655 
841000 9 0.0900462 5.1884777 0.0340198 
879000 10 0.0931588 5.2224975 0.0659527 
956000 11 0.1000869 5.2884502 0 
970000 12 0.1014548 5.2884502 0.0335889 
1043000 13 0.1090853 5.3220391 0.1001802 
1043000 14 0.1090853 5.4222193 0 
1052000 15 0.110138 5.4222193 0.0774063 
1134000 16 0.1201612 5.344813 0.1401631 
1213000 17 0.1302784 5.2046499 0.1189493 
1287000 18 0.1402931 5.0857006 0.0511921 
1358000 19 0.1503928 5.0345085 0.0457124 
1425000 20 0.1604874 4.9887961 0.0712503 
1488000 21 0.1705265 4.9175459 0.0249081 
1548000 22 0.1806461 4.8926378 0.016969 
1604000 23 0.1906856 4.8756688 0.0080306 
1657000 24 0.2008018 4.8676382 0.0022336 
1707000 25 0.2109571 4.8698718 0.0141589 
1754000 26 0.2210683 4.8840307 0.0280009 
1798000 27 0.2311113 4.9120316 0.0446649 
1840000 28 0.2413079 4.9566965 0 
1879000 29 0.2514185 4.9566965 0.065698 
1915000 30 0.2614552 5.0223945 0.0913459 
1949000 31 0.27165 5.1137404 0.1256619 
1980000 32 0.2816627 5.2394023 0 
2009000 33 0.2917822 5.2394023 0.1749235 
2035000 34 0.3018894 5.4143258 0.2378683 
2058000 35 0.3123173 5.6521941 0.3415587 
2077000 36 0.3227103 5.9937528 0 
2086000 37 0.3327827 5.9937528 0.5473426 
2094000 38 0.3441576 6.5410954 0 
2099000 39 0.3549035 6.5410954 0.8477013 
2103000 40 0.3679751 7.3887967 1.6937166 
2106000 41 0.3823465 9.0825133 6.4795137 
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